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Aero-Thermodynamic Loss 
Analysis in Cases of Normal 
Shock Wave-Turbulent Shear 
Layer Interaction 
Transonic-supersonic decelerating flow cases appearing in modern turbomachines 
are some of the most complex flow cases in fluid mechanics which also present 
practical interest. In the present work, a closed and coherent shock loss model is 
proposed based on the complete viscous flow simulation using some fast and reliable 
computational tools. The resulting model describes accurately the entropy rise and 
the total pressure loss in cases of strong shock-shear layer interaction and cancels 
the need to use low speed correlations modified for compressibility effects and extrap
olated to transonic-supersonic flow cases. The accuracy and the reliability of the 
proposed shock-loss model are verified using detailed experimental data concerning 
various flow cases which present either flow separation or industrial interest. 

1 Introduction 

The development of high speed axial fans and compressors 
operating with supersonic relative inlet Mach numbers requires 
the knowledge of the performance of the machine and the flow 
behavior particular for transonic-supersonic operating condi
tions. As mentioned in previous work (Kaldellis, 1993, Kal
dellis et al., 1991) the losses of transonic and supersonic flow 
cases are mainly either due to the entropy rise occurring through 
shock waves (direct shock loss) or due to viscous effects char
acterizing the strong flow deceleration imposed by the shock 
waves (indirect shock loss). For high speed compressor blad
ing, direct and indirect shock losses constitute a major part of 
the overall loss (up to 70 percent) depending on inlet Mach 
number, inlet flow angle, and back pressure value. 

The research work done up till now in the area of shock loss 
has followed three directions. The first one is based on empirical 
correlations which give satisfactory overall results, but give no 
details concerning the evolution of the shock losses throughout 
the configuration investigated (see for example Koch and Smith, 
1976, Cetin et al., 1989). The second direction involves quite 
accurate but expensive 3-D numerical codes (Dawes, 1988, Hah 
and Wennerstrom, 1990) which give an enormous volume and 
variety of information at a significant computational cost. Since 
these codes are strongly influenced by turbulence modeling 
problems and numerical-mesh refinement shortcomings they do 
not present their best performance in the case of shock-shear 
flow interaction. Finally, the third research direction utilizes 
several experimental results concerning the impact of the shock 
waves on the complete flow pattern (Tweedt et al., 1988, 
Schreiber, 1986, Schofield, 1985). However, the influence of 
each one of the dominant flow parameters is analyzed sepa
rately, thus the resulting conclusions are strictly limited only to 
similar flow configurations. All the above-mentioned research 
directions recognize the importance of the shock induced losses 
and their major role in the performance of modern high speed 
turbomachines. 

In the present work, a closed and coherent shock loss model 
is proposed, based on a complete viscous flow simulation using 
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the experience gained from the application of several advanced 
computational tools (Kaldellis et al., 1990; Kaldellis et al., 
1991; Kaldellis, 1993) developed recently. The resulting model 
describes accurately the total pressure drop and the correspond
ing entropy rise in cases of strong shock-shear layer interaction. 
In this way the streamwise and spanwise distribution of the 
direct and indirect shock-induced losses is predicted, giving us 
the ability to minimize the total loss in transonic-supersonic 
flow cases. 

For this purpose, two well-documented experimental test 
cases, with incoming Mach number greater than 1.40 and in 
presence of flow separation, are first investigated. In order to 
separate the shock induced losses and the pressure driven vis
cous losses, calculations are also made in a reference shear 
layer developing without interacting with the normal shock 
wave. Finally, the spanwise shock loss evolution throughout the 
supersonic rotor of a high pressure compressor stage is ana
lyzed. Interesting conclusions drawn from the above mentioned 
applications are summarized in the last part of the present work. 

2 Governing Equations 

I. 2-D Case. For the description of the two-dimensional 
steady flow field of a viscous and compressible fluid the appro
priate method developed by Kaldellis (1993) is applied. This 
method uses the complete form of the compressible integral 
momentum equation in the marching direction and the corre
sponding integral total kinetic energy equation (time averaged 
+ turbulent kinetic energy) to calculate the basic parameters of 
the shock influenced boundary layer. An analytical law is also 
necessary to estimate the velocity distribution inside the bound
ary layer. 

Additionally the momentum equation in the normal (to the 
marching) direction is used (instead of Prandtl's thin boundary 
layer approximation) for the calculation of the distribution of 
the static pressure across the shear layer. The static pressure 
difference, commonly neglected in previous analyses, is related 
to the normal to the wall Reynolds stresses and the longitudinal 
curvature of the external flow streamlines and takes important 
values especially inside the shock-shear layer interaction region. 
Finally, the turbulence model presented by Katramatos and Kal
dellis (1991) and extended by Kaldellis (1993) for compress
ible flows is used to close the calculation procedure. 
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II 3-D Case. For the calculation of the steady, viscous 
and compressible flow field through a 3-D axial compressor 
configuration the method by Kaldellis et al. (1991), based on 
the circumferentially averaged form of the mass, momentum, 
and energy conservation equations as well as of the vorticity 
transport equation, is used. 

More precisely, the integral form of the momentum equations 
in the meridional and in the peripheral direction is used in 
combination with the integral total kinetic energy equation to 
estimate the characteristics of the 3-D boundary layer. Accord
ingly, the transport of vorticity equation in the marching direc
tion (written in differential form) is used to calculate the periph
eral velocity component distribution across the boundary layer, 
while the static pressure profile is predicted by the momentum 
equation in the normal direction. Finally, the energy conserva
tion equation is utilized to estimate the total enthalpy (tempera
ture) profiles inside the boundary layer. Details concerning the 
development and the application of the method in several indus
trial configurations (high speed compressors and turbines) are 
given also by Kaldellis et al. (1990) and KaldeUis (1994). 

III Shock-Shear Flow Interaction. An extended small 
disturbance theory is used for the calculation of the modified 
external flow field throughout the shock-shear layer or the 
shock-secondary flow interaction region, see also Kaldellis 
(1993). The theory is based on similar approximations to that 
of Inger and Mason (1976) and is supposed valid for Mach 
numbers less than 1.5. The theoretical analysis is based on 
Euler's equations, while details are given by Kaldellis et al. 
(1990) and Kaldellis (1994). It is important to mention that 
the real static pressure jump across the shock wave is needed 
as a boundary condition of the method. In order to obtain this 
value, a modified Rankine-Hugoniot condition is applied. The 
condition takes into account the area variation across the shock 
wave, resulting from the presence of the shear layers. The real 
static pressure jump " 6 p / ' can be expressed, in relation to the 
theoretical one "8pJ' given by the Rankine-Hugoniot condi
tion, as a function of the displacement thickness of the two 
boundary layers {6x„, 6i„') of the channel and the Mach number 
"M„y" at the end of the shock-boundary layer interaction re
gion, using the following equation (Kaldellis, 1993): 

(1) 

Using the proposed real static pressure value as a boundary 
condition, a good approximation of the pressure distribution, 
under which the shear layers are developing, is predicted. 

3 Shock Loss Model 
For the calculation of the shock induced losses one has to 

keep in mind that besides the entropy rise related with the 
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existence of the shock wave additional entropy rise takes place 
due to the strong flow deceleration and the possible flow separa
tion imposed by the shock-shear flow interaction. Comparing 
now the shock induced entropy rise, using the inviscid flow 
approximation, with the real flow entropy rise, the last one is 
usually lower, excluding cases of fully separated shear flows. 
According to Calvert (1982), the shock wave-shear flow inter
action has a beneficial side effect in appreciably reducing the 
loss of total pressure due to the shock, in comparison with any 
inviscid model. 

The mean shock loss coefficient "OJSH" is defined using the 
following equation: 

WSH — 
P'2,. - P<. 

1/2- p„-ui 

where the overbar indicates a mass-averaged value, i.e.. 
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(3) 

For the calculation of the isentropic total pressure value, see 
Fig. 1, Eq. (4) is valid, i.e.: 

1 + 
AT; 

(4) 

where "AT," is the total temperature (enthalpy) increase in 
the case of a rotor blade row, and it is directly related with the 
energy exchange inside the rotor blade. For stationary configu
rations; 

P', (5) 

and Eq. (4) is reduced to the well-known total pressure drop 
coefficient, see Katramatos and Kaldellis (1991), Koch and 
Smith (1976), etc. The corresponding real total pressure value 
can be computed using the isentropic relations, thus: 

P- 1 + ( y - 1) 
M^ ( y / ( 7 - l ) ) 

(6) 

In order to separate the direct (produced by the entropy in
crease due to the shock) "a;.,*" and indirect (produced by the 
deceleration of the boundary layer) "w„" shock losses one may 
write that: 

UJsH — i^sli + ^v 

where: 

W.,;, = 
Aa. 

\l2-p„-ul 

(7) 

(8) 

N o m e n c l a t u r e 

Cf = skin friction coefficient 
H = passage height 
i° = incidence angle 
M = Mach number 
m = mass flow rate 
m = meridional distance 
n = normal distance 
p = static pressure 
p, = total pressure 
u = velocity 

Rg = gas constant 
i = entropy 

T, = total temperature 
7 = ratio of specific heats 
6 — shear layer thickness 

62 = displacement, momentum thick
ness of the shear layer 

p = density 
u) = loss coefficient 

Subscripts 

e = external flow quantities 
H,T = value at hub and tip respectively 

o = undisturbed external flow 
quantity in the shock-shear 
layer interaction region 

w,w' = value at the walls 
x,y = indicate the start and the end of 

the shock-shear layer 
interaction region 

00 = reference quantity 

Superscripts 

( ' ) = initial external flow field 
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Fig. 1 T-s diagram for the definition of the shock ioss coefficient 

and 

\l2-p„-ut 
(9) 

The external total pressure value "P„{n) is given by Eq. (6) 
and can be predicted as soon as the external Mach and the static 
pressure distributions across the shear layer are predicted by 
the shock-shear flow interaction algorithm. Accordingly, the 
real flow total pressure value "P ,2(«)" can also be predicted 
by the same equation, or equivalently as: 

(p,j - 8p)' 

Ph = (Pe,-Sp)-

1 + ( r - 1) 
Mi 

l + ( y - l ) -

( y / ( 7 - l ) ) 

( 7 ' ( T - I ) ) 

(10) 

where the "6p = p^i - Pi' distribution is given by the normal 
momentum equation and "M/M^in)" can be predicted by the 
corresponding velocity profile families on the basis of the 
boundary layer parameters resulting from the solution of the 
nonlinear system of integral equations mentioned in Section 2, 
see also Kaldellis (1993). 

For comparison purposes, the shock induced losses as they 
appear in nonviscous approximations can be estimated as: 

^SH 
Ph, - P'2, 

1/2-p„-M, 
(11) 

where Pt^ is also given by Eq. (6) , using the corresponding 
values of the external flow field, without taking into account 
the flow field modification according to shock-shear flow inter
action. 

The entropy rise related to the existence of the shock waves 
can be predicted (see also Fig. 1) using the following equation: 

As-= -/?,,-ln 
P'2. 

(12) 

once the total pressure values have been computed using Eqs. 
(4) and (10). 

The direct and indirect shock induced entropy rise can be 
split using the following equations: 

A^sH = As,,, + As„ 

where: 

As,,, = -R, • In 
Ph. 

(13) 

(14) 
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-r î ^ 1 ^ 

1 
-5 ' 20 

0 
/ / / / / / 

/ / / / / / / 

gener^ator 

/ / / / 
p l a t e 

/ / / / / / 

Fig. 2 Experiment of Seddon; experimentai configuration 

and 

Ar„ = ~^g-ln (15) 

Summarizing, the streamwise or spanwise evolution of the 
total pressure drop coefficient and the entropy rise can be com
puted once the velocity profile and the total pressure distribu
tions are known at the desired station. In this way the analysis 
presented gives the additional possibility to calculate the evolu
tion of the shock induced losses at every station throughout the 
configuration investigated and not only at the exit. Besides, 
special attention is paid to take into account the normal static 
pressure gradient across the shear layer and its contribution 
to the total pressure drop, see also Katramatos and Kaldellis 
(1991). 

4 Comparison Between Calculations and Experi
ments 

The above described shock loss model in conjunction with the 
already presented complete shock-shear flow interaction method 
(Kaldelhs et al , 1990, Kaldellis, 1993) is used in the following 
to investigate the evolution of the shock induced losses for three 
well-documented cases which either present flow separation or 
have industrial interest. 

I Seddon Separated Test Case {M, = 1.47). The early 
experiment of Seddon (1960) is used as a first test case, since 
it is a severe experimental test (Fig. 2) with high (at least for 
turbomachinery applications) incoming Mach number (M^ = 
1.47) and the appearance of flow separation. 

The experimental values of Mach number are described quite 
realistically Fig. 3 by the results of the proposed method, al-

— Present calculation 
ooooo Exp, data (Seddon 1960) 

i,e -

^ 1 . 4 -

c 

"o ' 0 -
o 
2 

0.8 -

0.6 -

0 

0 

Inviscid 

1 
1 

iV o 
1 
1 
1 

1 1 

ca lcu la t ion 

o 
O 0 

- 5 0 5 10 15 20 
Non—dimensional Distance 

Fig. 3 IVIach number distribution for the experiment of Seddon 
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though the calculated Mach distribution at the theoretical shock 
position is sharper than the experimental one. This small devia
tion is reasonable since the small disturbance theory applied 
here is not strictly mathematical valid at the shock position, due 
to important flow changes encountered. Note that due to the 
strong shock-shear flow interaction the asymptotic real Mach 
number far downstream of the shock wave is approximately 
0.93, while the corresponding inviscid value is only 0.71. 

In the next two figures, 4 and 5, the predicted evolution of 
two main flow parameters (5i, ^2) of the shear layer are given in 
comparison with the experimental data. The agreement between 
theory and experiment can be termed good, especially for the 
"52" distribution. The above predicted shear layer parameters 
are used next in order to calculate the velocity profiles and 
finally the total pressure distribution throughout the interaction 
region. 

For comparison purposes, the compressible shear layer 
method is used to calculate the characteristics of a supersonic 
shear layer (M« = 1.47) developing on a flat plate with zero 
pressure gradient. This high speed shear layer will be called in 
the following the ' 'reference shear layer'' and its characteristic 
quantities ((5,, 6^) are given also in Figs. 4 and 5. 

The predicted, direct and indirect shock loss distributions, 
according to the analysis of Section Three, are given in Fig. 6 
and are compared with the distribution of the total pressure drop 
coefficient for the reference supersonic shear layer. 

As expected, a strong loss increase is encountered near the 
theoretical shock position, see Fig. 2, which is mainly due to 
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the direct shock induced loss. Indirect shock induced viscous 
losses are responsible for the divergence between the loss distri
bution of the shock and the shock free shear layers before the 
shock position. Increased indirect shock losses are also present 
after the shock position and are directly related to the strong 
flow separation. Downstream of the interaction region the shock 
influenced shear layer presents a lower loss increase rate than 
the corresponding shock free one. In Fig. 7 the evolution of 
the mass averaged loss coefficient in the marching direction, 
predicted by Dawes (1988) for a supercritical compressor cas
cade, is given. The results presented are taken from a very 
interesting numerical study concerning the influence of the mesh 
refinement on the calculation results of a well known modern 
CFD code. The influence of the mesh coarseness on the quality 
of the computed results is obvious. However, for all the mesh 
dimensions the predicted loss profiles present a remarkable in
crease near the shock and a continuous loss rise downstream 
of the interaction region. Despite the multigrid acceleration 
techniques successfuUy used by Dawes (1988) about one week 
continuous run was needed on a fast Perkin Elmer 3230 com
puter to analyze the above mentioned test case, in addition to 
the enormous computer storage requirements. On the other 
hand, less than one hour CPU time is necessary on a 25 MHz 
386 machine to analyze completely the Seddon test case using 
the current approach. Additionally, the proposed computational 
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Fig. 5 Momentum thickness distribution for the experiment of Seddon 
Fig. 7 Nondimensional loss coefficient for a supercritical compressor 
cascade, by Dawes (1988) 
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Fig. 8 Entropy changes due to the shock induced losses Fig. 10 Wall static pressure distribution; experiment of Schofield 

algorithm is rather stable and converges rapidly, while at least 
second order of accuracy numerical schemes are applied for the 
solution of the governing equations. 

Finally, the calculated shock induced entropy rise is given in 
Fig. 8 in comparison with the entropy rise of the shock free 
reference shear layer and the corresponding shock induced en
tropy increase computed by an inviscid approximation. Real 
gas effects are excluded in the calculation results, although 
remarkable changes of the real gas coefficients (y, Rg, Cp) are 
encountered as the flow passes through the system of the shock 
waves. The calculated entropy distributions (see Eqs. (12)-
(15)) are in accordance with the predicted total pressure drop 
given in Fig. 6. Therefore a sharp entropy increase is also en
countered near the theoretical shock position. However, the real 
flow entropy increase is by 25 percent less than the correspond
ing one related with the shock simulation for the case of the 
inviscid flow approximation. 

II Schofield Separated Test Case (M, = 1.405). The 
detailed experimental data of Schofield (1985) are used next 
as the second test case. Fig. 9, to be analyzed. For this experi
mental case, besides the high incoming Mach number («! 1.405) 
and the strong flow separation, a remarkable pressure gradient 
was applied to the flow field additionally to the shock induced 
pressure jump. In order to separate the shock induced losses 
(direct and indirect) and the viscous losses due to the external 
imposed pressure gradient the same shear layer was also exam
ined without the existence of the shock wave. 

The calculated wall static pressure distribution describes sat
isfactorily the experimental data. Fig. 10. In the same figure the 
experimental static pressure distribution is also cited for the 
shock free shear layer. In order to diminish shock waves at the 
nozzle exit before the experimental region, the Mach number 
at the duct entrance was 0.61 for the case of the shock free 
shear layer, while for the shock influenced case the correspond
ing post-shock Mach number was 0.74. The small difference in 
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Fig. 9 Experiment of Schofield; experimental configuration 
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the Mach number values was found to be unimportant by Scho
field (1985), as he compared the development of the two shear 
layers. 

Accordingly, the computed distributions of "5i" and "C/" 
are given in comparison with the experimental measurements 
by Schofield (1985) for the shock influenced and the shock free 
shear layers, Fig. 11 and 12. The comparison is successful and 
the computed parameters are used next by the proposed shock 
loss model to estimate the direct and indirect shock loss distribu
tions. The predicted total pressure drop coefficient "w" for the 
shock influenced shear layer is given in comparison with the 
corresponding coefficient for the shock free shear layer. Fig. 
13. From the same figure it is concluded that the total pressure 
drop is much greater for the pressure driven shear layer than 
the theoretical one, predicted using zero pressure gradient, and 
included also in the same figure. On the other hand, significant 
total pressure drop is encountered near the shock shear layer 
interaction region, accompanied by a remarkable viscous loss 
due to the flow separation. However, the total (direct and indi
rect) shock induced loss is 25 percent less than the correspond
ing ' 'inviscid'' shock induced total pressure drop. Another inter
esting point is that after the interaction region the total pressure 
seems to be almost constant despite the existing post shock 
pressure gradient. In comparison with the other two total pres
sure curves, the shock induced shear layer presents quite similar 
behaviour after the interaction region with the zero-pressure 
gradient one. Contrarily, the pressure driven shock free shear 
layer presents similar loss behaviour with the total pressure loss 
distribution given in Fig. 14. These distributions are taken from 
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Fig. 11 Displacement thickness distribution; experiment of Schofield 
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Fig. 12 Skin friction coefficient distribution; experiment of Scfiofield 

Fig. 14 Profile loss distribution for a highly loaded compressor cascade 
at various Incidence angles 

unpublished work by the authors and concerns the distribution 
of the pressure loss coefficient for a subsonic compressor cas
cade at different incidence angles. Comparing the shock free 
shear layer Fig. 13 with the i = +2° (positive incidence angle) 
loss curve (see Fig. 14) one may conclude that the shock free 
shear layer tends to separate, a fact that is also verified by the 
experiments. 

Using the analysis given in Section 3, the entropy distribution 
throughout the interaction region is also predicted. As in the 
previous shock-shear layer interaction case the strong entropy 
rise near the shock position is mainly attributed to the existing 
strong shock wave. Additionally entropy rise is related with the 
total pressure drop due to the shock induced flow separation. 
Although the displacement thickness at the end of the interac
tion region for the shock free shear layer is greater than the 
displacement thickness of the shock influenced one, the pre
dicted entropy rise of the shock free shear layer is 70% less 
than the corresponding entropy rise of the shock influenced one. 
This undesirable entropy rise comes to balance in some way 
the much greater static pressure increase (Fig. 10) through the 
shock influenced shear layer, in comparison with the corre
sponding shock free one. 

Ill Supersonic Rotor of an Axial High Pressure Com
pressor. The last test case examined concerns the spanwise 
distributions of the total enthalpy and the total pressure through
out the supersonic rotor of a single-stage high pressure compres-
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sor. Fig. 15. The relative Mach number distribution at the rotor 
inlet varies from 1.32 at the tip to 1.11 at the hub and the flow 
field is supersonic over the full span of the leading edge of the 
rotor, excluding the hub and tip shear layers which include a 
very small subsonic part near the endwalls. 

Experimental measurements and inviscid numerical calcula
tions indicate a quasi-normal leading shock near the midchord 
of the rotor while the flow behind the shock is everywhere 
subsonic, see Goutines and Naviere (1987) and Trebinjac and 
Vouillarmet (1990). The strong increase of the peripheral com
ponent of the absolute velocity due to the shock-secondary flow 
interaction leads to an additional total enthalpy increase, espe
cially near the tip. More precisely, the total enthalpy increase 
near the tip is approximately twice the corresponding one near 
the hub region, see Fig. 16. Additionally, the major part of the 
energy exchanged near the tip of the rotor is indeed exchanged 
inside the shock-secondary flow interaction region. In order to 
estimate the shock induced total pressure drop inside the rotor 
the theoretical analysis concerning rotor blading is utilized, tak
ing into account the corresponding total temperature increase 
(Ar , ) , see also Eqs. (6) and (10). Using the complete second
ary flow method developed by the authors during the last years 
(Kaldellis et al., 1990, KaldeUis et al , 1991) the entire second
ary flow field is calculated. Comparing now the inviscid and 
the real total pressure distributions at the end of the interaction 
region, the shock induced direct and indirect (secondary losses 
included) losses can be predicted, see Fig. 17. In the same figure 
the corresponding profile losses are also drawn for comparison 
purposes. As can be easily seen, the shock induced losses are 
mainly concentrated inside the tip endwall region, since the tip 
shear layer is mainly influenced by the existing strong passage 
shock waves. Peak loss values near the hub region are mainly 
attributed to the strong secondary flow field inside the hub 
endwall shear layer. Similar spanwise evolution of rotor losses 
is given by Karadimas (1988) in Fig. 10 of his paper, concern
ing the analysis carried out for a modern transonic fan rotor. 
Keep in mind also that the remarkably lower loss values encoun
tered for this fan rotor case are in accordance with the much 
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Fig. 15 Axial supersonic compressor. Meridional computational grid. 
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Fig. 16 Total enthalpy changes through the shocl<-secondary flow inter
action region and the rotor blade of a supersonic axial compressor 

lower loading of the fan rotor blades in comparison with the 
supersonic compressor case. The proposed analysis has the addi
tional ability to present the evolution of the shock induced losses 
at every station along the machine. Finally, the corresponding 
spanwise distribution of the entropy rise across the shock wave 
underlines the strong increase of the entropy near the tip wall. 
However, in rotating blades the existence of the shock wave-
boundary layer interaction not only leads to lower direct shock 
entropy rise in comparison with the "inviscid" shock approxi
mation, but also leads to additional energy exchange due to 
the significant meridional vorticity changes resulting from the 
shock-secondary flow interaction. 

5 Conclusions 
A complete shock loss model is presented, which is based 

on the shock-boundary layer and shock-secondary flow methods 
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Fig. 17 Spanwise evolution of shock induced and profiie losses for i 
high pressure supersonic rotor 

developed by the authors during the last years. The proposed 
model distinguishes the direct and indirect shock induced losses 
and has the ability to present their streamwise and spanwise 
distribution for several configurations investigated. 

The reliability and the accuracy of the proposed shock loss 
model is verified not only by the experiments but also by several 
calculation results from various well known industrial codes. 
However, the computational requirements of the proposed 
model are at least two orders of magnitude less than the corre
sponding ones of the above mentioned CFD codes. 

The stationary and rotating flow cases analyzed present either 
strong flow separation or have industrial interest. Despite the 
high incoming Mach number values of all test cases examined 
both total pressure drop and entropy rise inside the shock-shear 
flow interaction region are realistically predicted. Thus, the pro
posed time-saving shock loss model cancels the need to use 
low speed correlations, modified for compressibility effects and 
then extrapolated to transonic-supersonic flow cases. 

Consequently, using the presented shock loss model as a 
basis, a systematic analysis of the shock induced losses in tran
sonic-supersonic compressor cascades is carried out. The expe
rience gained will be used next for the design of high perfor
mance and minimum loss supersonic blades, a challenging do
main for industrial application of the method. 
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